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CALIBRATION OF THE SLOTIZD TEST SECTION OF THE LANGLFY 

 FOOT TRANSONIC TUNNEL AND FRE~MARY'EXPERIMENCI~AL 

INVXSTIGATIOM OF .BOUKDARY-EEFIECTED DIS- ' 

By Vkcgil S. Ritchie and Albin 0. Pearson 

SUMMARY 

The transonic flow in  the 1 -open s lot ted test section of  the 

Langley  8-foot  transonic tunnel wae surveyed extensively and calibrated 
a t  Mach numbers up t o  about 1.14. The uniformity and angularity  char- 
ac t e r i s t i c s  of the f l o w  were entirely sat isfactory for t es t ing  purpOsesr 
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The r e l i k b i l i t y  of  pressure'-distribution measurements fo r  a fineness- 
'L ratio-12 nonliftlng body of  revolution in  the s lo t ted   t es t   sec t ion  was 

established by compar.isons w i t h  body pressure  distributions  -obtained 
from theory, from free-fall tests, and from other wind-tunnel tests. 
The effects  of boundary interference on the body pressure  distributions 
measved i n  the   s lo t ted   t es t   sec t ion  were shown' t o  be negligible a t  
subsonic Mach numbers and a t  .the higher  supersonic Mach numbers obtained. 
A t  low supersonic Mach numbers, however,. portions of the body pressure 
distributions were influenced by boundary-reflected  disturbances which' 
fncreased in  intensi ty  and moved dmstream with  increase in Mach  num- 
ber. The effect  of the  disturbances on body pressures was ascertained 
and t h e i r  effect on body drag was shown t o  be small, part icular ly  w h e a  
the body was located off the test-sect ion  center   l ine ' to  reduce  focusing 
of the reflected  disturbance waves. 

Experimental  locations  of  detached  shock-waves  ahead of ax ia l ly  
'symmetric  bodies a t  low sgpersonic  speeds in the s lo t ted   t es t   sec t ion  
agreed"satisfactori1ywith predictions obtained by use of exis t ing 
approximate methods. 

A 

INTRODUCTION 

T h e '  need of a d d i t i o n a l   t e s t u g  facilities for investigating  aerody- 
namic problems a t  transonic speeds has in  recent years prompted a number 
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of  modifications of %he &gley 8-foot -high-speed tunnel. For several 
years  prior  to-1950 the tunnel was operated with an axisymmetrical  fixed 
nozzle which produced subsonic Mach numbers up t o  0.99 'and a supersonic 
Mach  number of  1.2 (See refeience 1) ,. but  the. value of  the  tunnel for . 

testing purposes was .limited because of  the %ltnd  spot between Mach 
numbers of  0.99 and 1.2 in  which  uniform flows.6uitable  for testing were 
unattainable. With the aavent  of the slotted tes t  se.ction  (reference 2), 
however, the means were a t  hand for changing the  test   section Mach  number 
cont-Tmously from 0 to some low supersonic  value.'and at the same time 
reducing the solid  blockage  effects at subsonic speeds. Consequently, 
early in  1950, .the.fangley 8-fsot high-speed. tunnel was converted to 
slotted-tunnel  op.eration and henceforth w i l l  be d e a i w t e d  as the knglgr 
&foot transonic tunnel. A preliminary investfgation of . the  converted 
tunnel resulted-in the design of a suitable  slotted  section for producin@; 
uniform flow but d i d  not include detailed simveys. of the test-section 
flow (see reference 3 ) .  

The purpose of  the  -present  investigatiQn was  twofold': (1) tm survey 
and calibrate the flow in the  slotted t e s t  section and (2) to   ascer ta in  
the reliability of pressure-dietribution measurements for a typical non- 
l i f t i n g  tz-msonicmodeL in the  slotted t e s t  section. The seco~ld wrk o f .  
the-  inyestigation  included  extensive pressure..measurements and schlieren 
observations needed to  evaluate the nature and approximate magnitude o f  
t a t - s e c t i o n  boundary effects  on the model pressures. 

Flaw quantities m d  

P mas 9 

V 

8. 

model coefficients : 

densfty of air 
. "  

airspeed 

speed o f  sound -in air 

p2 

PO 

local   s ta t ic   pressure 

stream s t a t i c  pressure 

40 

P pressure  coefficient 

stream dynamic pressure 
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.? Psonic .’ pressure  coe,ficlent  corresponding  to the speed of sound 

Y ( 4/90 &imMl change in  pressure-   coeff ic ient   a t  model surface 

.* 
r i  

due to   e f f ec t  of boundary-reflected  disturbances at 
supersonic  speeds 

cn body drag  coefficie& based on body, frontal area 
- 

” Mach- number (V/a) 

% Mach  number corresponding t o   r a t i o  of s.trean.tota1 pres- 
sure t o  pressure in test chamber surrounding  the  slotted 
section 

M , ’  average Mach  number i n  test section;  stream Mach  number; 
Mach  number ahead of shock 

M1 I Mach  number behind  shock 

c Shock locations : 
* 

Ls axial  distance  required  for model nose shock t o  traverse 
the  supersonic flow to   t es t - sec t ion  boundary and refleFt 
back t o  surface of model.near  test-section  center  line 

- k  axiai  distance  required f o r  free-stream Mach l ine ,  
s ta r t ing  a t  model nose, t o  traverse the supersonic flow 
t o  test-aection,bounday and r e f l ec t  back to surface of 
model. near  test-section  center  l ine.  . 

%B . , 
axial   distance from sonic  point on. body t o  locatfon of . -  detached.  shock  ahead  of body nose 

ySB radial   distance f r o m  body center  l ine t o  sonic point on 
body surface 

B acute  angle between weak shock wave and the  flow direction 

* x  Geometry of tunnel and model: 

k X ~ axial   distance downstream of  s l o t  origin; distance dawn-.’ 
i -  stream of model’nose 
i 

I 
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radial distance f r o m  tunnel  center line 

basic- length of body-of -revolution' model 

angle  ofattack  ofmodel 

The Slo.-t;ted Test Section  of the Langley 8-Foot Tranrsonic Tunnel 

 he -gley 8-foot transonic t-1 i s  a single-return type of 
tunnel which operates at a stagnation  pressure  approximately  equal to 
atmospheric pressure. Although the  tunnel was original ly  of circular 
cross section  throughout, with an 8"foot throat diameter, it has recently 
been f i t ted w i t h  a throat   l iner  which I s  of-drrdecagonal cros8  sectlon 
and which i s  s lot ted i n  the axial   direction dams t ream of  the effective 
m i n i m u m  section o f  the  tunnel  (fig. 1, section BB).  he s lo ts   (e lo t  
shape U, reference 3) are  located a t  the vertices of  the twelve wall 
panels. comprising the. closed  portion of the throat boundary ( f ig .  1, 
section CC) . Bch slot  tapers  gradually fr-om zero  width a t  the effective 
m i n i m u m  section  to a full-open width 96 inche8 downstream, where the 
combined widths of a l l   s l o t s  comprise  approximately  one-ninth of the 
inside  periphery of the tunnel. Downstream of the  96-bch  station  the ' 

width  of the panels between slots remains constant. The 8 l O t S  are  ter- 
minated a t  the 169-inch station. The divergence  angle o f  the wall pane16 
in the slotted test section is 5 minutes. More complete de ta i l s  con- 
cerning the liner, and, in particular, the design of the  s lot  shape and 
ordinates o f  the  diffuser-entrance.noses a t  the downstream end of the 
slotted  section, are -giGe&in reference 3.  

z 

The geometric.  cross-sectional  area of the- liner a t  the minimum sec- 
t ion   ( f ig .  1, section B B >  is  apprbximately 42.64 square feet. At a 
typical model test kcation-85  inches downstream of the m i n i m u m  section 
the  cross-sectional  area is about 42.87 square  feet. 

Flow-Survey Instrumentation and Methods 

The character is t ics-of  -the flow in the-.slo&ed  test  section were 
investigated by means of pre-ssu& measuremente. and schlieren  observations 
near  .the  center line and by means .of pressure measurements a t  the  wall. 

Pressure and temperafxre meas*urements.- Static-pressure measurements 
were obtained from 0.031-inch-diameter orifices located  in the surfaces 
a l o n g  the center  lines of diametrically opposed wall panels  ?.and 12, 
and in the surface  of- a- 2-inchdi&ieter  cylindrical Survey tube  ( f ig .  I) . 

0 

c 

.! 
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The wall orifices  were  located  approximately 2 inches  apart q i a l l y  in 
the  slotted  section and as rar a s  60 inches  upstream of the  slot  origin. 
The cylindrical-tube  orifices  were  arranged in four axial rows spaced 
goo aprt. A single row conta~ed orifices  located 6 inches apart in 
a 60-inch-long  regLon  immediately  upstream of the  slot  origin, 2 inches 
apart in a 2binch.-long  region  just  downstream of the slot  origin, 
.6 inches  apart in the 24- to 60-fnch  downstream  region,  and 2 inches 
apart fn the  region  extending  from 60 to 16o inches damstream of the 
slot origin.  The  three  other  rows  contained  orifices  spaced 2 h c h e s  
apart .in th$  region from about-72 to 112 inches  downstream of the  slot 
origin; in this  region  the  orifice  locations  in  the four rows  were 
staggered so that static-pressure  measurements  could be obtained at 
-- inch.fntervals. The surface of the cylindrical  tube was kept  free of 1 
2 
irregularities in the Hcinity of pressure  orifices. 

!The cylindrical  sufvey  tube was dined approximately  parallel to 
the  geometric  center  line of the  slotted  test  section. The nose of the 
tube  was  1Qcated  about 9 feet  upstream of -the slot  origin  and was held 
in position by means .of three  0.060-lnch-diameter stay wires  spaced 
120' apart angularly;  the  downstream  end was located in the  tunnel 
diffuser and was supported by  means of the  model-support  system  shown 
in figure 1. A small amount of sag  exFsted along the  unsupported  length 
of the  tube  but  this  did  not  affect  the  pressure  measurements.  The  tube 
was capable of axial  movement  to  permit  measurement's at intervals as 
close  as  desired.  Lnterchangeable  off-set  adapters  were  used  to  locate 
the  tube 6 inches and 15 inches off  the  center line st any desired 
angular position. 

Local  static-pressure  measurements  obtained by means of-the orifices 
in the wall panel and Fncthe  cylindrical  tube  surfaces  were  assumed  to 
be  equal to those  outside  the  boundary layer -except in the  vicinity of 
shock  khere  the  pressure  changes  would  occur  over an axial  distance 
greater  at  the  surface than outslde  the boundary layer. 

Stream  total-pressure  measurements  were,obtained in the  subsonic 
flar region  upstream o f  the s lo t  origin by means of several  total-press- 
tubes,  one  located in the  elllpsoidalnose of the  cylindrical survey 
tube  (fig. l), and others in the  low-speed  section  upstream of the ccm- 
traction  cone. Measurwents also were  obtained  near the centex  line of 
the  slotted  test  section by using a total-pressure  rake  consisting of 
eight  0.050-inch-diameter  tubes; 3 inches  long  and  mounted  ahead of a 
lo included-angle  wedge. . 

Pressures  were  measured by use of multiple-tube  manometers  containing 
tetrabromethane and by use  of  U-tubes  containing  kerosene. A l l  mgnom- 
eter  tubes  were  photographed  simultaneously. 

I 

I 
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The temperature of the flow m5xtu-e in  the  tunnel was controlled i n  
order   tareduce po-ss-ible humidity effects on the flow in the  test   section. 
%mperature measurements were obtained a t  a number of stations between 
the tunnel  center  line and wall i n  the lqw-speed section upst-ream of the 
contractlcm cone by use of thermocouples i n  conjunction  .with a recording 
potentiolneter. . . -  

Schlieren  optical sys"mr.- Schlieren  observations were obtained t o  
aupplemenmessure measurements of  flow phenomena by use of the tempo- 
rary single-pass syatem shown in figure 2. T5is.system utfi ized I-foot- 
diameter parabolic mirrors and was mounted' on- large' moVable support 
structures which permitted  observations a t  any desired  test-section 
windows in the  horizontal  plane o r  in a plane 30° from the horizontal. 
A spark source was used for  photographic  recording.. The ent i re  system 
was located  within  the test chrtmber and was operated by remote control. 

Determination of Mach number. - The flow Mach number, the  parameter 
used for  presenting most of the results of the  p$esent  surveys, was 
obtained by relating  simultaneously measured values  of the stream t o t a l  
pressure and loca l   s t a t i c  pressures. Indications of the flow Mach n u -  

shocks. A schlieren  Sicture  of-neak  intersecting shock waves, produced 
by small two-dimensional surface.   i r regular i t ies ,  on q p p 0 s i ~ l . l  panels, 
is given i n  reference 3.  Conical shock waves produced by a 100 included- 
angle cone of  1-inch maximm diameter were used  not on ly  for  indicating 
the  value of the stream Mach number but  also  for  indicating  the  degree 
o f  flow uniformity  in the s lot ted test section. 

' be r  were also  obtained from measured %lues of the angularity of weak 

.. 
P. 

L i- 

d 

Flow angularity meas&e&nts. - The m e a n  angularity Of the flow with 
respect  to a horizontal  plane  near the center  line. of the  slotted test 
section was measured by  use of the null-pressuqe-type instrument shown 
in  figuSe - 3. Thld  instrument, a 3 O  included-angle' cone, contained . 

0.010-Fnch-diameter static-pressure  orifices  located  symmetrically i n  
oppqs-ite surfaces. The sens i t iv i ty  of this instrument  to  angle-of-attsck 
changes,  expressed in  terms'of  the  pressure  differential between or i f ices  
i n  opposite  surfaces and in  the  plane of angle change, was of  the  order 
of 0.6 percent of the stream dynamic pressine per  degree change of  angle 
in  the  transonic speed  range. This ' sensit ivity was not great b u t  was 
within the  possible  error in instrument-attitude measurements. Such 
measurements, obtained by careful use of a cathetometer  during  actual 
testing, were est-ted-to  include  possible  inaccuracies not exceeding 
0 .lo.. The- procedure for measuring the flow inclination  consisted of,  
f irst ,  orientating the instrument-so that pressure or i f ices  i n  opposite 
surfaces were situated- in the  vertical  plane  of measurement, and secondly, 
varying the instrument  attitude by means of  a.remotely  controlled  angle- 
changing mechanimn in the support system unt.il the  pressures a t  the 
opposite surfaces were ?qual. The instrument  attitude was determined 
carefully by means of cathetometer  readfngs for this  indicated  null-pressur 

. " -  
t 
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the  procedure was repeated: with the instrument inverted. 
The arithmetic& average of  instrument-attitude measurements with  the 
instrument  erect and inverted was assumed t o  campensate for possible 
asynpnetry of  the  instrument and t o  indicate the mem direction of the 
flow. 

Rapid variations of  the f l o w  angularity w i t h  time were indicated by 
means of pressure-fluctuation measurements ~n the slo t ted  test section. 
For these me9suiemeqts a 3 O  included-angle cone- was equipped with a small 
electrical  pressure  ceU.(mounted  inside  the cone)  which  connected 
d i rec t ly  t o  static-pre-ssure  orifices  located 180° apart  in the cone sur- 
face.  Periodic  differences fn pressure between the  or i f ices  Tn opposite 

.surfaces of the cone were measured by means of a recording  oscillograph. 
The indicated  pressure  differences were expressed in terms of  fluw- 
angularitg.changes  by  use of  8 steady-state  calibration of the  pressure 
d i f f e ren t i a l  -between or i f ices-  fn opposite  surfaces of the cone w i t h  
respect  to,cone-attitude changes in the plane of  the  orifices. This 
pressure  differential  in the  transonic range w a s  of the order.of 5 pounds 
per  square f o o t  .per degree change in cone a t t i t ude  w i t h  respect t o  the . 
flow, whereas the  sensi t ivi ty  of the  pressure c e l l  m a  approximately 
0.25 pound per  square foot .  The accuracy of  the pressure cell w a s  main- 
talned over a frequency.range from 0 t o  300 cycles per second. 

Jet-boundary . interference  effects .- In order to ascertain the value 
of the slotted test se&ion,for   tes t ing purposes a high-fineness-ratio 
body of revolution w a s  t e s t e d - a t  zero angle.of attack  through  the Mach 
number range from about 0.60 to 1.14 and the measured body-surface 
pressure distributions were-compared w i t h  essentially  interference-free 
distr€butions from other  sources. The part icular  body shape used in . 

tbis investigation, a fineness-ratio-k2 body for which'coordinates are ' 

given in reference 4, was selected  because of the ava i l ab i l i t y  of  theo- 
retical a& experimental  preasure  distiibutions. The wind-tunnel model 
consisted of the forward 83.7 percent  (33.5 in.) of  a  b-inch-long  basic 
body; a 3.25' semiangle  support  sting  joined 'the body a t  the 83.7-inch 
body-length station  (see fig.  4). W s  model contained  static-pressure 
or i f ices  (0.020 in. in diameter) spaced 2 lnches  apart axially along the 
length of the body and arranged in rows at  various angular locations 
(reference 5 )  but-only-the  pressure measurements a t  the upper -and lower 
surfaces were used f o r  the comparisons sham i n  this paper. Small sur- 
face  discontinuities  existed at model-component junctures, a t  an imbedded 
mirror i n  the upper-surface, and at faired surfaces over f i l l e d  bo l t  
holes. 

The ref lect ion of disturbances from the slotted-test-section boundary 
and the   effect  of such  reflections on model pressure  distributions were 
examined by testing  both  the body of revolution  (fig. k )  and a wing- 

.body  combination (fig.-5) at  supersonfc  speeds and correlating measured 
pressures a t  model an'd waU  surfaces w i t h  schlieren  pictures of %he flm. 

' I _ _ _ _  
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f i e l d  near the model surface. The wing-body combinatfon consisted o f  
the  previously  descrfbed body of revolution  (fig.   4(c)) f i t t e d  with a 
45' sweptback a i r f o i l  of NACA 65AO$ section, l2-Fnch  semispan, and 
1-square-foot ~lart--forii area. Static-pressure  -orifices (0.020 in. in 
diameter) were located  in upper and lower surfaces o f  the a i r f o i l  a t  
f ive  semlspn s ta t ions (see reference 5).but. for  the present  surveys 
pressureB were measured ma+ly a t  the 60-percent and 6ome a t  the 
80-percentsemiepan .s~t ions  where the a i r f o i l  chord was- about 5.70 and 
5.05 inches,   respectively.   Be-ssure  orifices a t  these w i n g  stat ions 
were located a t  chordwise intervals no greater than 10 percenk of the 
chord.  Static-pressure  .orifices (0.018 .in.-  diameter) e.60 were . 

located a t  axial  intervals of about 0 .E inch along the  lepgth  of the 
model-support sting in order  tdmeasure  pressures In the compression 
region  a t - the 'base o f  the-xiodel.and' t o  aid in  locating  wall-reflected 
dfsturbances.  TransitLon was ffxed at lO-percent-chord. and 12-percent- 
body-length s ta t ions for the wing and body of revolution,  respectively. 

The Control  of model att i tude  during tests in the slot ted test 
section was effected by means o f - c a t h e ~ ~ t e r ~ . . o b s e r ~ t i o n 6  and a remotely 
contr.olled  .aagle-changing -rbechanism i n  the model-support  system. 

PRECISION OF DAFA " 
.. . . 

The maximum random er&r. i.i the indtcated Mach number, as obtahed  
from pressure measurements throughuut  the transonic range-  covered  by 
these  surveys, w'as estimated- to be no'meater  than 0.003 in  shock-free 
flow. For measurefnerits behind 6hocks.m additional e r ro r  i n  the indf- 
cated Mach number was:po$sTble:because o f . f a i lu re   t o   co r rec t  for changes 
of  the stream. t o t a l  pressure through the shocks-; th i s   e r ror ,  however, 
was negligible at the .lower.. supersonic Mach-numbers- and d i d  not exceed 
0.002 f o r  normal shocks at -  8 Mach nunber of 1.14. 

Probable  errors  in Mach numbers Indicated by anguLarity measurements 
of weak shocks in  supersonic flow were of the order of 0.002. This e r ror  
corresponds. t o  an estimated.inaccuracy of 0.2O i n   t h e  measurement of the 
angularity .of two-dimensional shocks from- the test-section walls. The 
angularity of sharply def ined  coi ikal  shocks  could be measured - w i t h  an 
kaccuracy of only abaut 0.1~. 

The differences between Mach numbers determined from pressure . 

measurements and those from shock-angularity rneas.wementrj a tyupersonic  . 

speeds corresmded  cl-osely  ' to t h e  estimated  possible errors in'deter- 
mining the Mach  number (see  f ig.  .6 )  . 

" 

Estimated  possible  errors i n  the model-surface pressure  coefficients 
obtained from tes t s - in i the  s lo t ted  t e s t  section were. generally of the 
order of ma@;nitude Or -0.005 and did not  exceed  about 0.010. ' 

.. - 

" 

.. . - .. 

". 

" 
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The sens.i t ivity  of  the  schlieren  optical  system, when properly 

1 adjusted, w a ~ j  suf f ic ien t   to  permit the  detection  of a conical shock 
G whose strength corresponded t o  a.Mach number change of about 0.003. 

9 

I 

The possible   error- in  measuring the  flbw angularity w a s  estimated 
to be  about 0 .lo. A like  error  in-measuring the model angularity  intro- 
duced the  likelihood of e r ro r s . a s  great as 0.20 fn model albement with 
respect  to the flow direction. 

RESULTS AND DISCUSSIOM 
_ .  

Test-Section  Calibration , - 

Flow uniformity.- The results of  pressure  surveys  in.the  slotted 
test section  are  presented  in  f igures .7 t o  9 i n  terms of . the   . loca l  Mach 
number. The stream t o t a l  pressure used, i n .  conjunction w i t h  l oca l  static 
pressures, to.determjne  the Mach number dis t r ibut ions of figures 7 t o  9 
was -found t o  be  essentially  constant  throughout- the survey  region near 
the  test-section  center l-ine and w a s  In close agreement w i t h  values 
measured in low-speed regions  upstream o f  the  slotted  section. The 
Mach number distributions shown in  figures 7 and 8 are associated  with. 

with a diffusey-entrance nose located 142.5  inches  damstream of the s l o t  - 
origin  (nose A , .  reference 3) . Figure 9 presents wall mid center-line 
Mach nwber  distributions  obtained  frog  surveys conducted a t  8 later 
date and w i t h  a longer  diffuser-entrance  nose  (nose B, reference 3) 
located ~ 4 . 6  inches downstream of the   s lo t  origin. This nose,  designed. 
t6 reduce  the power requirements for   the ' tunpel  and thereby raise the 
m a x i m m i  at tainable  Wch  amber,   uti ifzed  different nose arrangements. 
for  subsonic and supersonic  operation (see reference 3) . . 

'I; 

rr the flow characteri.stics soon af$er  the  slotted-throat installation and 

The Mach  number dis t r ibut ions  in   the  s lot ted test section w i t h  . 
diffuser-entrance  nose A (figs.  7 and 8) indicated that (1) the f l o w  i n  
the  slqtted tes t  section was essent ia l ly  free .of gradients  (except  in 

' t he  Mach  number range frog about.O.gO.to 1.08 where a slight  posit ive 
. Mach  number gradient  existed) and was suff lc ient ly  uniform fo r  testing 

purFses (disturbances  in the flow generally  increased  with Mach number 
but in no instances  did  deviations fro& the average  stream Mach  number 
exceed 0.006 i n  a 36-inch-long test region a t  bkch numbers  up t o  l.l.3), 
(2)  the  length- of the uniform-flow region  avaFlable f o r  m o d e l  t es t ing  

long a t  a Mach  number o f  1.13, and (3) the Mach numbers measured near 

. .  

0 purposes  decreased  with Mach number but w a 8  approximately 60 inches 

. the  center  1We.of  the. uniform-flow  region  agreed  reasonably w e l l  with 
" those at the w a l l .  , . , .  . .  

c 
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The results of  surveys In .-the  slotted .test section following 8 long . . 

" 

' 3  

period  of model testing. &d with  diff-user-entrance nose B.  ( f ig . .  9 )  i n d i -  
cate that the Mach  number attainable. at m&xW .tunnel parer -6 increased 
s l igh t ly  %ut the. test section was .shortened 4 t  i t s  downstream end by use - 

of  the new aiffuskr-entrance-nose  arrangement. The  Mach  number d i s t r i b u -  
t ions  af figure- 9 .also ixdicate a decrease a' the  .uniformity  of  the test- 
section flow since the time o f . t h e   i n i t i a l  surveys; over- a 36-inch-iong 
regi-on the maximum deviations from the  average  strzab..Mach numbers indi- 
cated in  figure. 2 were as much as  0.010 as cbmpared to  deviations o f  as 
much as 0.006 in figure 8.. This deteriQration of the flow was assumed 
t o  be due t o  the eff&t of ' d i scont inui t ies~ .ap~ar ing  i n  the  wall-panel 
surfaces; probi3bl.y near window "edges, during prolonged periods of tunnel 
operation when insufficient  at tention was  &Ten t o  maintenance o f  w ' k l l -  
panel smoothness .a - .. 

6. 
.. . - - ". 

. C" 
t 

. .  - .  
. .  

I . ,*"-L.--. 
" . - .  

. -  

. r  

. .  . .  - - . .  - . .  

" 

The degree  of  test-sectian flow uniformity.  indicated by Mach number 
distributions-was checked over a' portion  of. the test region a t  supersonic 
speeds by  examining schlieren pictures for  the  presence Qf stream disturb- 
ances  equal t o  o r  stronger than a shock of.:kn&ri strength introduced in 
the flow .. The resu l t s  'o f  the .  flow-uniformity check are L l lus t r a t ed  i n  
figure 10. A lo* Fncluded-angle. cone was -alined approximately perrallel 
to  the f lm direction-near the test-section  -center Line, and schlieren 
pictures -were made ' o f  - the  flow ffield about_:+& aeKg.  .o f  the cme at  stream 
Mach numbers. 0+.635-ana .1 .On.;" %e 'schlieren  pictures were obtained 
for only the  horizontal pl@fie- (light  path  through windowe in panels 3 
and 9 )  since  the  largest-wall-surface  discontinuitfes were known to   exis t -  
on wall panel 12 and disturbances from tt;his -panel. were most readily' 
detected from horizontal schlieren  surveys. The attached-conical shocks 
were the only disturbances-vlsible i n  the  schlieren  pictures ( f ig .  10) 
and, since  .these.shocks were t*ee  d.imensiDna1; and'.therefore more d i f f i -  , 

cul t  t o  detect than  two-dimensional dist&b.&nce.s, . it w a s  concluded that  
no abrupt  disturbances of greatm's t rength than that. o f  the  conical shock 
ex is ted   in  the flow. '(Became  the confcal shocks shown in figure 10 
were weak, they are ri6-t Very. dis-@nct- i n  the schlieren  pictures;  dots 
have therefore  been superimposed on the ehock l i n e a - t o  emphasize t h e i r  
location.) The strength of the ajAached conical shack, expressed i n  
terms of the Mach number de'cremcint through,l.t&e shock,. Sa ~o greater 
than 0.004 and.O.003.dt str*am"ach-n.mbers  of 1.037 and 1.075, respec- 
t ive ly   ( f ig .  10) . Mach  number decrements calculated f r o m  confcal-flow 
theory  (reference-6)  are In -close .agreement  with the two experimental 
points. I n  deCermiriing these  ex&rimental points the Mach n m k r  decre- 
ments &cross  the cone shocks- -weks obtabed . b y  use of oblique 'shock theory 
(reference 7 )  with shock angles meas,yred a i r ec t ly  from the  schlieren I 

pictures. For the  stream Mach numbers and the  test-sectim  region =on-. 
cerne-d, the experimental schlieren-suryey data- of figure 10 appear to be, 
consistent w i t h  the: pF$ssi.~re-surVey &?a- in. .indicating.  the  presence of 
no abrupt  steady flaw .ililst'ui;bances of  significant  strength. 

. ... . 

." 

The measured angularity of conical. shock8 ..(fig. 10) offere8  indica- 
tions- o f  the va lue  of  .the"supersonic  stre&l Mach  number which were - 

" 

,= - 

" 

." 

.i 



I consistent wlth those  indicated by p r e s e ~  measurements ( f i p . .  8 and 9) 
'and by the angularity of we& two-dimensional d i E t u r b a n C e 8  from w a l l  

I 

m 

- panels (fQ. 6 ) .  . ~ 

3 Flow calibration.- The stream flow in the  s lot ted tes t  section was 
calibrated  with  respect t o  the  pressure in the chamber s u r r o u n d ~ g  the 
slotted  section, a .procedure employed for small;er slogted  tunnels 
reported in references 2 and 8.  I 

" 

I 

A typical  model-removed calibration  curk  sharing the variation 
with  test-chamber Mach number of the average Mach number over a region 
30 'inches .in'diameter and 36 inches long near the test-section  center 
line is presented In figure 11. The data for this calibration were 
W e n  from the distributions  of figure 8. A n  average  value of the stream 
Mach number over the 30-inch-diameter.region was obtained by fa i r ing  
through the test points from the ten  different  positions'  of  the  survey 
tube. This. faired value f o r  the average s.tream Mach  number .varied 
almost' linearly with,  but ' w a s  ,always smaller than, the indicated test-  
chamber Mach number. The Mach-numbers measured a t  the ten survey  loca- 
t ions d i d  not differ from the  average'stream Mach  number by more than 
0.004 and 0.006 up t o  Mach numb&rs of 1.00 ana 1.13, respectively. 

. I  

. .  

U 

'I 

I -  

In figure 12 a comparison. is made of model-removed flow  calibrations 
over a 36-inch-long  region  (from 68 t o  104 in .  downstream of the s l o t  
origin) a t  the  test-section  center line for -da ta  from figure 8 .(early 
surveys w i t h  diffuser.-entrance  nose A) and from figure 9 ( l a t e r  surveys 
w i t h  diffuser-entrance  nose B).  The agreement  between the two surveys 
is  shown.to be very good for  the p r t i c u l a r  flow  region  calibrated. 

The effect. of a model on the Mach  number of the incoming flow up- 
stream of the  model- test region was examined. The use o f  pressure 
lheasuremehts a t  the  wal l   to  check the  trend of the stream flow ahead of  
the model was considered  applicable,  particularly a t  supersonic  speeds " 

where disturbances are propagated  approximately  along Mach lines. "his 
supposition w a s  checked experimentally  by comparing Mach number distribu- 
tions,  along the slotted-section w a l l  upstqeam of a wlng-fuselage model 
( f ig .  5 )  w i t h  w a l l  distributions  for  the model-removed case. The resu l t s  
of this comparison for small lifting a t t i tudes  o f  the model ( f ig .  13) 
indicated  close agreement  between  model-in'and model-reploved Mach number 
distributions upstream of. the m . d e l  location. The only discrepancy in- 
the  data  of figure 13 appears  immediately  upstream of the. model nose a t  
a test-chamber Mach  number of 1.025 where the bow wave ahead of the nose 
iqfluences  the model-in Mach number slightly. The evidence of fZgure 1.3. 
was supported by additional measurements w i t h  the same model a t  higher 
angles of at tack  ( f ig .  14). The latter d a t a  ar.e presented t o  show the 
variation w i t h  test-chamber Mach  number of  the model-in  and model-removed 
Mach nujnbers at the  test-section wall approximately 10 fnches.upstream 
of the model-nose location. The data shown fn figure 14 were obtained 
over .a long  period of time. and included mea'surements w i t h  the wing- 
fuselage model. a t  angles of attaFk .as great -as 20' and% w i t h  d i f fuser -  
entrance  noses A and B; the data from the fhany separate runs were in 
relat ively.close agreement. The combined data of  figures 13 and.14 

I 
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reveal  generally that, fo r   t he -mode l - to - tu1   s i ze  of this comparfson, e. 
the  pressures. on the test-section w a l l  ahead-of the model were not 
gre8tl.y  influenced  (and  therefore  the  validity of the model-removed 
calibration was not much effected) by the- presence  of a model a t   d i f f e r -  

. . $  

en t   l i f t i ng   a t t i t udes .  

- . :si 

- "- 
L 
" 

Although  no quantitative.comparisons are presented, it is believed 
from past experience in the calibration of high-speed wind tunnels that 
the over-all precision of cal ibrat ion  for  a .  slot ted test section,  using 
the test-chamber-preesure as a calibratfoa  reference, is superior  to 
that for.  a conventional  closed tes t   sec t ion  w i t h  subsonic speeds. ln 
particular, the use of the pressure in the chamber surrounding  the s late  
as a reference  pressure i n  calibrating  the  streamflow is believed to 
avoid  inconsistencies which may arise from ,the use  of  the  static  pressure 
indicated by a w a l l  orifice  located upstream of the m i n i m u m  section. 

" 

". 

. " . "  

F l o w  angularity.- The-mean"-&gularty  of the flow .in the  slotted 
- ". - 

" 

test section was measured.at a center-line  station 83 inches downstream 
of the  s lot   or igin.  The.measurements were limited to  the vertfcal  plane 
and employed the  null-pressure-type  instrument  of  figure 3 and the 
methods outlined earlier. A 2O included-angle wedge was first used for 
the  flow-inclination measurements but it proved Inadequate  because of 
excessive  bending near the leadtng edge and damage to  the  leading edge 
due to  the impact of - fore ign   par t ic les   in  the a i r  stream. The 3O included- 
angle cone was less sensitive  than the wedge-but-was  superior in its r 
re la t ive  freedom from t i p  bending and damage. The flow-inclination 
results ( f ig .  15), obtained from average measurements w i t h  the cone erect 
and inverted,  indicated a mean upflow angle of approximately 0.lo which 
d i d  not  appear to change appreciably w i t h  Mach number. The scatter Ln 
measurements ranged up t o  about 30.1' from the  mean indicated angularity. 
Careful measurements of the vertical   angularity of wall panels 6 and 12 
revealed that the  geometric  center line between these two panels  uae 
different  from the horizontal by approximately O.Wo in  the direction.of 
the  Fndicated upflow. - 

?n .", 

. .  

. .  

. ." 

." 

. . .. . .  
. .  . "  

. .  - . .  

Fluctuations o f  the stream  flow a n e l s r i t y  with t ime were measured 
by means of an e lec t r ika l  pressure pickup . i n  t& 30 included-angle cone. 
The resu l t s  of these-meas~irements  -indicated  rapid  variations-of  about 
0. bo from the mean flow  angle shown jn figure 15. The fluctuations were 
grea$est a t  frequencies from appoximately 10 to 85 cycles per second 
through6u-t; the transonFc  speed  range. 

.i Model Testing and Boundary Interference 

A preliminary  investigation  opbaundary  interference  effects on 
pressure-distrikution and drag measurements for  a nonlift ing body of 
revolution  (fig. 4) in the slotted test section w a s  conducted i n  order 

4 
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t o   a s c e r t a h  the r e l i a b i l i t y  of  typical model test data  obtained from 
. t he  s lot ted test section of the Langley 8-foot transonic tunnef. This 
investigation  involved the comparison of experimental body data from the 
slotted  . test   section w i t h  essentially  interference-free data from other 
sources .and.  the  examination  of  the.  slotted-test-section  data for  the 
presence o f  so l id  blockage and .boundary-reflection  effects.  Experimental 
data from the  investigation were a l s o  used in examinbig several flow 
phenomelia of  concern w i t h  regard t o  transonic  testing i n  the s lo t t ed  
test section. The stream Mach numbers a t  which body data were obtained 
in the  s lot ted  tes t   sect ion ranged from about 0.6 t o  1.136. The test 
Reynolds .number, based on model ,length,  ranged froiu approximately 

9.5 x 106 t o  11.0 x 10 . 6 

" 

I 

I 

Flow phenomena, including shock reflections,   with  nonlift ing body 
of revolution and wing-body combfnation at center  l ine o f  s l o t t e d   t e s t  
section.- Some flow phenomena of in te res t  Fn connection w i t h  the tran- 
sonic  testing of models in t l ie  slotted  test   section are i l lus t ra ted  in 
figures 16 and 17. These data  were obtained from t e s t s  of the nonlift ing 
body of revolution ( f ig .  4 (c) )  and the wing-body combination ( f ig .  5 )  
at  the  center  l ine of  the  s lot ted  tes t   sect ion.  

A t  very  high  subsonic  speeds  (figs. 16(a) t o  16( C) ) the supersonic- 
flow expansions around the maximum-thickness region of  the body of  
revolution (and the  local  shock  formations  associated w i t h  model-surface 
discontinuities and w i t h  the compression- region  near the base of the 
body) d i d  not  extend t o  the  test-section boundary. The fa i lu re  of the 
model-field  expansions t o  affect   s ignif icant ly   the Mach  number d is t r ibu-  
t ions at  the  test-section wall a t  a stream Mach  number o f  0.990 
( f ig .  16CC)) offered  evidence as t o  the essential absence o f  boundary 
interference f o r  the  model-size used and also indicated an al leviat ion 
of choking in the s lo t ted   t es t   sec t ion  [tests of the body in a closed 
tes t   sec t ion  of  the same size would have resulted i n  choking' a t  a stream 
Mach nuniber o f  about  0.985) . 

! 

At supersonic  speeds (figs . 16(d) t o  16( 2 )  and 17(a) t o  l7 (d)  ) the 
model f i e ld  shocks and expansions are shovmto impinge upon the t e s t -  
section boundary a t  axial  1ocations.which pepit the ref lect ion of d i s -  
turbances  back t o  the surface  of  the model in the low-supersonic range. 
The model nose shock (bow wave) and the expansions over the upstream 
portion of the model are the disturbances- of concern w i t h  regard t o  the 
production of  boundary interference on model neasurentents. The shock- . 
wave re f lec t ions   a re   i l lus t ra ted   ( f igs  ; 16(d) t o  17( f )  ) by mems of both 

* ' schlieren  pictures and model-surface and w a l l  Mach  number distributions.  
In these  figures  the llnes drawn to.  connect  the  schlieren-field shocks - ... . w i t h  shock locations (maximum compression regions) at the w a l l  were not . necessarily  accurate  representations of  the actual  shock curvature  in 
either the  stream or the-boundary  layer. 
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Effect of boun8ae interference on  p-LessuFe-distributfon and drag 
measurements .for  rronlifting body of revolytion a t  center  line of slotted 
test section.- The comri.e.bns-of figures .X8 .to 20 were employed t o  
ascertain  the  relSabili ty of body pressure4istribution measuremente in  
the s l o t t e a   t e s t  k'ection  and particular t o  obtain approximate effecfs 
of boundary interferCnce-on  the body press.ves  at-supersonic  speeds. 
The interference-free  model-surface presswj? distributions given in f ig -  
ure 18 incluaed  thbse  obtahed from theory 'for t i ie.basic-shapeaf  the 
body ( f ig .  &(a)) ,  from free-fall t e s $ s  for  a~l20-inch-long.mdel 
( f ig .  4(b) ) , and from t e - i t i  of  %he wind.-t=el model ( f ig .  .4( c) ) in the 
92-inch-di~eter.eisym1etrica~l closed test section of reference 1. The 
closed-test-section, data at  high  subsonic speeds were corrected  for 
blockage effects  by use .of  relations  described in reference 9. The free- 
f a l l  and theoretical   distributions shown in figure 18 were obtained 
frm reference 4, which ut i l ized  1inear ized.Woyy and Pr-dtl-Glauert- 
adjustments  for  thetheoretical  dfs t r ibut ipqs-at  subsonic stream Mach 
numbers up t o  0.93 arid methods of reference.10 for  the  distributions a t  
Mach numbers of  and larger than aboutrl.05. Thk essentfally  interference- 
free pressure.  d-estributlons shown in f?Lgui.es, 19 and. 20 were obtained from 
tests o f  the wind-tunnel model. in. the slotted . t e s t  section of the Langley 
16-foot transonic tunn&l. The w i n d - t & l  pressure  coefficients used 
i n  figures r8 to . 2 Q  .were averaged frm ccefficients for  upper and Mer 
surfaces i n  order to reduce  possible.  iieviations-.-due-  to.model alinemep-t; 
errors  and surface  irregularit ies;   coefficient@ from the Langley 8-foot 
t r w q n i c .  tunnel +ere. also average yalwe .from a n-er of different 
runs which repeated  the model pressure measurements closely. 

. .  

At subcri t ical  speeds (&, 5 -0.95) no si-gnificant  effect0 of boundary 
interference on body pressukes were -expected  since  reference 2 reported 
essentially  zero  interference f o r  a nonlifting body in a . s lo t t ed  test 
section  with a r a t io  Of bod'y cross-sectioml.area.  to tunnel cross- 
sectional  area of  .O.l23 as .c.ompred to the ' r a t i o  of  about 0.0014 fa r   the  
body and test section used for  the preseni  Fnvestigatiqn. The close 
agreement expected or the pressure  distributions from the s lo t ted   t es t  
section  of the Langley 8-foot transonic tunnel-and the miou8 
interfereKc:e-free  distributians was realized (figs. 18(a), lg(a) ,  i p ( b ) ,  
and 201, except for discrepancies  in..the comparisons w i t h  f ree- fa l l  data 
i n  the maximum-thickne-ss .region-  of the body (fig. 18(a)) ; these discrep- 
ancies cannot be readily- explained unless the free-fal l  body, which.was 
three tines the size of.the wind-tunnel model, differed  sl ightly  in 
shape fram'the wind-tunnel model and the basic shape i n  this regfon. 
Apparent .discrepancies :In the compmison with free-fall and theoretical. 
pressure.distributions riearI-the base  of the body ( f ig .  18(a)) are t o  be 
expected  since the- shapes .of .both. the, .basic. body  and the  free-fall  body 
differed frbm that of' the .wind-tunnel model in this region. 

At supercrit ical  streamMach numbers from a b m t  0.95 to 1.00 the 
agreement of the  pressuredistribution measurements from the slotted 
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test   sect ion of %he  .Langley  8-foot  transonic tunnel with those  fromthe 
Langley 16-foot triznsonic  tunnel  [fig. lg(b))-and f r o m  f r e e - f a l l   t e s t s  
(fig.  18(a)') w a s  consistent  with that at  lower speeds;  this-ggreement 
attested  the  essential  absence of boundary-interference  effects on pres-- 
s u r e  measurements for   the m o d e l  (cross-sectional  area of model only 
0.14 percent  of  tunnel  cross-sectional  area) in  the &-- opeh s l o t t e d ' t e s t  

sectfon a t  stream m c h  num&rs  up to 1.00. 
. 9  

y . . .-- 

At very low supersonic Mach nunbers (q 5 1.025) no appreciable 
effects of boundary-reflected compress ion wavgs' on -model-surface pres - . 
sure8 co,uld be detected  (figs. 16( e ) ,  18(b), 19( c) , and 20) but   s ignif i -  , 

cant  effects  of  reflected  overexpansions were Indicated (figs. l g (c ) ,  
* X)(b), and 2o(c).).  Pressure  distributions from the Langley 16-foo-i h e n -  

sonic tunnel, used as a basis for reference in figures 19 and 20, were 
not a-ilable at close .enough Mach n-mber  Intervals t o  define  completely 
*he variation  of  the  interference-free  pressure  distribution  with Mach 
number, nor d i d  the data  appear to be ent i re ly   f ree   of . interference . 
effects  a t  a Mach number o f  1.019 where overexpansions  (apparently due . 
t o  reflected boundary disturbances  similar t o  thoae  described  for  the 
Langley 8-foot transonfc. tunnel) were i naca ted   . ( f i g s .  lg(c) and 20(f)). 
The data were sufficient,  however, t o  provide  approximate  indications of 
boundary effects  on pressure-distribution measurements 'for the body in  
the  slotted test section of the Langley 8-foot tr insonic tunnel. 

I 

I 

A t  supersonic Mach numbers s l ight ly   &eater  than 1,025, the  effects 
of ref1ecte.d  compression.shocks.on  model-surface  pressures became signif-  I 

icant and lncreased  with Mach number. ~ A t  k c h  n-bers of  and greater 
than about l .Oh, . the  ref lected shocks were'vfsible in schlieren  pictures 
( f ig s .  16( g) t o  16(n) ) ,and. influenced the model-surface  pressures  strongly 
(f igs .  18(b), 19(c),  and 20(b) t o  20(f)). ' T h e  model-surface pressures 
downstream of  the ,region  affected by the  reflected,compression wave were 

' Fnfluenced by overexpansions and those upstream .of the commession region 
were f ree  o f  bpundary interference. At' M -  2 1.120 the reflected com- 
pression was .downstream of the model base  (fig.  l6(n)) -and no boundary 
.interference was apparent  (fig-. 18(b)).  The agreement &t Mach  number 1.2 

. of interference-free  pressure  distributioris from t e s t s  o f .  the model in . 

the  92-inch-diameter wisymmetrical closed test section o f  reference 1 
with  theoretical   and-free-fall   distributions from reference 4 is   consis t -  
ent  wfth.that  of  the  interference-free  slotted-test-section data a t  lower 
supersonic Mach numbers ( f ig .  18(b)) . ! T h e +  close agreement of interference - 
f ree  body-surface  distributions'from the slot ted and closed-test   sections 

. .  

. . . of the w e y  8-foot transonic tunnel with theoretical distributions 
. (fig.   18(b))  consti tutes ai experimental  verification of the methods of  

reference LO for  computing pressure  distributions on a slender, body of . 
" revolution  at  supersonic speeds. 

I 

I 
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The maximum effects  of  boundary-reflected  disturbances on 6WfaCe 
pressures f o r  the  finepess-rstio-12 body  of revolution in- the Langley 
8-foot  transonic  tunnel at supersonic  speeds  (fig.. 21) were. determined 
fram maximum differences between experimental  pressme  coefficients from 
the Langley 8-foot and 16-foot :trt+io+c tunnels 'as shown in figure 20. 
The expansiy components of' boundary-reflected  disturbances  for  the body 

tested in the 1- open slot ted  tes t   sect ion  of  -$he &gley  8-foot tran- 

80nic t u n a e l  were shown 'to  sfTect-body-surface  presskbes more etrongly 
than d i d  the compression .corQoneiIt a t  stream Mach numbers less than 
1.035 whereas the  reverse.was  indicated a t  Mach numbers greater  than 
1.035. The indications of figure 21 are only appoximate, however, 
because .of the l i m i t e d  amount of  data  available from the -ley 16-foot 
tranaonic tunnel. 

9 

The effects  o f  boundary-reflected  disturbances on pressure  distribu- 
tions for the  lionlifting body of %evolution a t  the  center  line  of the ' 

Langley  8-foot  transonic  tunnel  slotted test section (figs. 18 to 21) 
were-interpreted in.tems of effects  on body drag coefficienta. I n  
ascertaining  these  effects, comparisons were made (fig. 22) of body drag 
coefffcfents  obtained from pressure-distribution and force t e s t s  in the 
slotted test section of the. Langley  8-foot transonic tunnel ul th  
essentially  interference--free  data  frm  free-fall  tests (reference 4.) 
and  from pressure-distribution teats in the Langley  16-foot  transonic 
tuzlnel. (slight interference  effect8  present i n  t he   l a t t e r  mta measured 
a t  Mo =i 1.019 w e r e  removed,. approximately,  before  determining  the  pres- 
su re  drag). The drag  coefficfents- From pressure-distribution  tests were 
obtained by integrating measured model-surface pressures -and included 
skin-friction dr.ag estimates -om reference U. The force-test body . 

drag  coefficients shown i n  figure 22 were obtained  f'rom.unpublished - 
experimental data for  the model described in  reference 12 and were cor- 
rected  for  sting-support tares. Estimated maximum inaccuracies  of  the 
b d y  drag  coefficients  (based an body f ron ta i a rea )  shown f n  figure 22 
were approximately k0.016 for  the data obtained from force  tests  in  the 
Langley 8-foot  transonic tunnel and within,%0.010 for  thgse  obtained 
from free-fal l   tes ts .  

, . .. . 

. .  . . .  

Approximate boundary-interference  effects on body.-drag mewurements 
for .the  nonlifting body of revolution at  the. center  line o f .  the Langley 
8-foot  transonic  tunnel  dotted  test   section were taken a8 the  differ-  
ences between these  drag measurements and the  interference-free messure- 
ments (fig..22).  Correl&tion of these  drag  differences ( f ig .  2 2 )  with 
corresponding  body-surface  pressure distributions  (figs.  18 t o  2 0 )  
revealed  the  close  interrelation o f  the pressure-diatributlon'arld drag 
measurements and the  deendence o f  the  drag-coefficient changes on the 
effects  of  boundary-reflected  disturbakes.. The indicated body drag 
decrements ( f ig .  22) a t  %ch.numbers from 1.00 t o  lIO2 were apparently 

.. 
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* . . due t o  the  effect  of reflected  overexpansions  slightly upstream of the- 
maximum-thickness region  of the body, whereas  drag  increments a t  Mach 
numbers from 1.02 t o  1.07 and drag  decrements at Mach numbers from 1.07 
t o  about  1.12 were due to   t he  passage  over the rear portion  of  the body 
of reflected overexpansions and compressions,  respectively. A t  Mach num- 

.bers  greater  than.about  1.12  the  slight  discrepancy between the free- 
f a l l   d a t a  and those from force and pressure-distribution tests i n  tk. 
Iangley 8-foot transonic tunnel could be attributed t o  differences , i n  
body shape or   to   possible  Fnaaequacies in’  sting-support  tare  corrections 
but the magnitude of  the  indicated  discrepancy is within  estimated  possible 
inaccuracies in  the.experimenta1 data. The maximum effects  of’boundary 
reflections on body drag  coefficients w i t h  the body at the  slotted-test-  
section  center  l ine d i d  not  exceed.about 0.04 when coefficients were 

.-  based on body frontal area. Although these maxFmum boundary-reflection 
effects  were not much greater than  the  accuracy  of measurement normally 
attainable by means o f  the  internal  balance  system used fo r  measuring 
model forces,  they were considered  sufficient, t o  justify a br ie f  ‘experi- 
mental  investigation  of a possible means of  reducing the effects .  

A 

& 

Reduction of  5nterference  effects a t  supersonic speeds by testfng; . 
model off  center  line  of  slotted test section.- A n  attempt t o  reduce the 

- .  hitenstty of  bounaary-reflected  disturbances a t  the modelawas made by 

i t ion.  Body drag  coefficients obtaFned from pressure-distribution measure-, 

r t es t ing  the -nonlift ing body of.   revolution  (fig.  4( c) ) at  a distance o f  
about 10.3 inches  off”.the  geometric  center  line  of the slot ted test sec- 

ments w i t h  the body located  off the- test-section  center  l ine were affected . 
less by boundary interference  than w e r e  those  obtalned from tests of the 
body a t  the  center   l ine  (see  f ig .  22). This  reduction in  interference 
effects  on body drag  can be a t t r ibu ted   to  a slight reduction in  in tens i ty  
(and distribution over a greater axial distance). of boundary-reflected 
disturbances a t  the body surface, as shown by the comparison (f ig .  23) 
of center-line and off-center  body-surface Mach  number distributions a t .  
E stream Mach  number of 1.050 ( t h i s  Mach  number w a s  used for   the compari- 
sons in order that effects of both compression  and expas ion  components 
of  boundary-reflected  disturbances m i g h t  be i l lus t ra ted) .  The slight 
reduction  in  intensity of the  reflected compression  from the portion  of 
the boundary nearest  to  the  off-center model ( f ig .  23) can  be at t r ibuted 

significant  reduction i n  -intensity of compressions from w a l l  panels‘ 
farthest from the  off-center model ( f ig .  23) is believed due not only  t o  
the reduced  focusing  effect and t o  the greater distance From the boundary 
but also t o  their interaction w i t h  overexpansions from w a l l  panels 

- 

- t o  the avoidance  of  concentrated  focusfng from all wall panels. The 

. nearest to  the model. .. 
The off-center  location  of the model therefore  appears  advantageous 

” with regard to  the  reduction . i n  in tensi ty  of boundary-reflected disturb- 

,4 * ances,  especially the expansion components of  such  disturbances, and the 
Y dist r ibut ion measurements. A disadvantage  of  the  off-center  location, 

attendant  reduction in interference effects on:model drag and pressure- 

u .. - .  ~ . -.* 
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however, l ies  in t,he si@pificant  reduction  in  length of the region ~ 

available for  s t r i c t l y  interference-free-suprsonic testing. 

Model l e n e h s  for Fnterference-free  supersonic  testing at center 
l i ne  o f  slotted test section.- It has been sham that a t  supersonic Mach 
numbers the  model-surface  pressures  upstream  of  the  region  affected  by. 
the boundary-reflected  compression are free of boundary-interference 
effects   ( f igs .  18 t o  -20) a i d  that fo r   ' a  given Mach  number the length  of 
the interference-free  region is  greatest when the model is located at 
the  center line of-  the test section (fig. 23) . The' axial distance Q 
required  for  the bow  wave &head of the model t o .   r e f l ec t  f'rm the test- 
section boundary and s t r i k e  the surface of th&inodel a t  the test-section 
center line is sham in Yigure 24. This dfstance,.obtained from schlieren 
pictures and pressure measurements at stream"&h numbers  from 1.04 t o  
1.126 and from pressure measurements at' Mach numbers as &ow .as 1.025 is  
expressed in terms of-the  distance  required  for the reflection of 
Mach l ines  from the  tunnel wall .  . The r a t l o  Ls /u increased from a ' 

value of  about 0.35 at a e t r e m  Mach  number :of. 1.025 t o  about 0.81 a t  a 
Mach  number of about'l.10 after which the r a t i o  remained approximately 
constant except  near a Mach  number of 1.109 where it tended t o  incresse 
slightly and then  decrease as the reflected shock  approached and,moved 
downstream of the base of  the model. This influence of the model t a l l  
shock on the  progress ,of the  reflected shock past the base of the model 
i s  i l l u s t r a t ed   i n  figures 16( 2)  and l6(m) . An value of 0.815 
obtained from tests of a somewhat similar body a t  a stream Mach  number 
of 1.2 in the closed  nozzle of  reference lwas  consistent  with  those 
sham in figure 24 for  Mach numbers greater than about 1.10. A t  the low 
supersonic Mach numbers of this Investigation, the r a t i o  was 
approxinptely  the same for  both the axisymmetrical  fuselage and the swept- 
back w i n g  attached to   the.fuselage.  

The distance  ratios  given in figure 2kneglect;  the  effect  of the 
model boundary layer, which.permits the compression due t o  the incident 
shock t o  be transmitted  several  inches upstream of the shock location, 
and are therefore not st r ic t ly   representat ive of axial distances avail- 
able  for  interference-free  m'prsonic  -testing. If the compression region 
is assumed t o  extend  about 3 inches  upstream o f  the shock location,  the 
axial  distances aki lable  for  .interference-free supersonfc testing  with 
the m o d e l  a t  the center  l ine of the slotted tes t  section would range from 
about 4 inches a t  a Mach  number of 1.025 to' approximately 36 inches at . ~ 

a Mach  number of 1.14 (fig. 25) &d would riot. &ceed. 75 percent o f  the 
axial distance  required  for the re f lec t ion  ,of-hch lines, A t  the  very 
low supersonic Mach numbers the length of the  interference-free  test 
region is influenced t o  some extent by the location  of  the-detached 
shock wave ahead o f -  the model. 

.. :. + 
I 
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Location of detached  shocks &ad of.axisymmetrica1  nonllfting 
bodies.-  Schlieren and pressEe.data for-€he body of revolution  (see 
fig. 16) and schlieren  pictures of shocks ahead of blunt-nose (90' angle)' 
total-pressure  .tubes  (fig. 26) tes ted in the slotted  sectfon  of €he 
Langley  8-foot  transonic tunnel provided  experimental  Wormation con- 
cerning the lo,cation  of  detached  shock waves ahead of axisymmetrical 
bodies a t  low-supersonic  speeds. .The experimental data from the Langley 
,8-foot- t r k o n i c  tunnel axe compared vfth experiiuerrtal data from other 
sources  (references 4 and 13 to 15) and w i t h  approximate  theory  (refer- 
ence 13) in   f igure 27. The data used in these comparisons are expressed 
. i n  terms -of the   ra t io  of shock distance ahead of body sonfc  .point  to the 
body: radius a t  tbe sonic pink, xSB/y=, a parameter  used in reference 13 .  
The sonic point. for   the body of  revolution  tested' in  the Langley 8-foot 
transonic tunnel was obtained from body-surface  preseure measurements . 
(average  values from a large'number of  runs) a t - e a c h   t e s t  Mach number; 
that for the 90' body (total-pressure  tube)  tested in the Langley'8-foot 
transonic tunnel was assumed t o  occur a t  the shoader  of the body f o r  
a l l  Mach numbers. 

The experimental  locations of the  bow w a h s  adead of the body of 
revolution in the  :slotted. test  section  of the Lmgley 8-foot t r k o a l c  
tunnel-agreed  closely  with  experimental data from refFrences 4 and 13 
to'l5; those for the  90' body in the  langley  8-foot  transonic tunnel 
agreed ,closely  except a t  stream Mach numbers of -1.015 and 1.036 (fig.  g). 
W gpparent  discrepancies  offered by these two experimental points are 
not due t o  errore in measurement; -they.are bel€eved to be due to   t he  
two-dimensional  natuEe of  the bow wave ahead of-the  row-of  total-pressure 
tubes.  (Reference 13 shows t he   r a t io  xsB/ym t o  be q c h  larger for  the . 

two-dimensional  case  than fo r  the akisymmetrical case.) The single bar  
wave existing ahead of  the row of eight total-pressure  tubes at the  low- 
supersonic Mach numbers of.1.015 and 1.036 chaaes t o  i n d i v i d u a l  bow 
waves ahead  of  each  tube a t  higher Mach numbers ( f ig .  26). 

The 'general agreement of the  experimental da ta  with  theoretical  , 

approximations  (geometric and continuity methods) from reference 1 3  -is 
considered sat isfactory. .  The experimental data appear t o  agree-more . 
closely w i t h  the geometric-method approximations a t  very l& supersonic 
Mach numbers and with  the contlnuity-method  approximations.-at stream 
Mach nuiabers greater  than  approxaately 1.10. 

Applicability of boundary-reflection  information from present inves- 
t i ga t ion   t o  tests of: other models h slot-ted test section.- Although 
each  wind-tunnel test model offers  a different  problem w i t h  regard  to 
the effects of boundary-reflected disturbances, the results of the body- 
of-revolution tests reported etbrlier in this paper should prove useful 
in predicting  probable  disturbance phenomena and evaluating  experfmental 
data for other models. 

* .  
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For etrictly  interference-free  supersonic  testing  the m o d e l  length 
i s  dependent OIL the .axial distance .required  for model disturbances  to 
r e f l ec t  from the  test-section  bomdary back to   the model surface;  this 
distance varies with Mach  number and is  greatest when the model i s  
located a t  the test-section  center  l ine.  The shock-reflection  distances 
shown in figure 24 and the  Interference-free model lengths  given  in  fig- 
ure 25 are  applicable  only  for  center-line testing of models of  approxf- 
mately the size and shape of .the body of revolution used in   th i s - inves t i -  
gation;  larger models of this shape . o r b l u f f  bodies.  of the same maximum 
diameter w i l l  produce bow -waves- located  falrther  upstream and thereby 
reduce  the  refleckion  distances and model lengths  sham  in  ffgures 24 
and 25, respectively. The approximate  interference-free m o d e l  length 
for  a given  axially symmetric shape can be estimated by use of  f ig -  
ures 24 and 27, together  with knowledge of  the  sonic-point-  location and 
the m o d e l  r a d i u s  a t  the  sonic  point. A t  very low supersonic Mach num- 
bers  the  use o f  figure 27 to   ascer ta in  detached-shock locations ahead 
of   axial ly  symmetric bodies is  l imi t ed  to-single  bodies;  several  adjacent 
ax ia l ly  symmetric bodies located  in  the same plane  of measurement may 
produce detached shocks located  considerably  upstream  of that for  a 
single body ( see f igs .  26 and 27) . 

. "  
- "  

- -" 

For  supersonic tes t ing of models whose lengths *rmit the impinge- 
ment of  boundary-reflected  disturbances,  the  effects  opboundary  inter- 
ference on the free-air characteristics  of the models are dependent on 
the model configurations and the model locations w i t h  respect t o  the ? 
test-section  center  l ine  ( interference  effecte-less  for model off  center 
l i ne  than  for one on center   l ine) .  The e f fec ts  of boundary reflections 
on pressure and drag measurements for  the fineness-ratio-12 body of 
revolution used in  the present  investigation  are  applicable only for 
moc3els of approximately  the sme size and shape, but the  described flow 
phenomena with- the body of.revolution i n  the  s lot ted. tes t   sect ion should 

on test data for other models .  The influence'of  model-attitude changes 
on indicated  boundary-reflection  effects  for  the body of revolution was 
not included in the  present  investigation,  but  probable  approximate 
influences may be inferred from experfmental results given in  refer- 
ence 16. Reference 16 also  indicates that flow  disturbances  capable oT. . 
introducing  drag-coefficient changes of the order of 3.002 (drag  coeffi- 
cient based on w i n g  plan-form area) may not   great ly   affect  the lift and 
pitching-moment characterist ics of a complete airplane model. Additional 
studies are needed to   ver i fy  and  supplement these preliminary  indica- 
t ions of  boundary-reflection  effects on models a t  l i f t i ng   a t t i t udes  i n  
the  slotted test section. 

.- 

- 

' be useful in  interpreting  the  direction of boundary-reflection  effects 

" 
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The characteristics  of  the  transonic flow in the  slotted test sec- 
t i on  of the  -gley 8-foot transonic tunnel were Investigated. The 
resu l t s  of  flow  surveys, with and without a typical  model in the  slotted 
t e s t  section,  warranted  the  following  conclusions: 

1. The uniformity of the transonic flow near  -the  center  line of 
the slot ted  tes t   sect ion w a s  ent i re ly   sat isfactory  for   tes t ing purposes.. 
Deviations from the  average  stream Mach  number in a model test region 
36 inches l o G  and 30 inches in diameter  generally  increased  with Mach- 
number but  did not exceed approximately 0.006 a t  stream Mach numbers up 
to -1 .13  provided the  tunnel  wall  surfaces were kept  sufficiently smooth. 

2. The r a t i o  of  the test-chamber'pressure  to  stream  total  pressure 
provided a . reliable index of  the test-section Mach  number independent 
of model configuratisn o r  .attitude. I 

3. The direction  of  the  air  stream  agreed  within  the  limits of . 
experimental  error (0 .lo) with the geometric  center line of the test 
section. 

4. The use of - s lo t s  t o  reduce chpking limitations  at   stream Mach 
numbers near 1.0, reported  earlier  for small tunnels, w a s  substantjated 
by t e s t s  of a 3.33-inch-diameter body of revolution in the approxima+ly 
88-inch-diameter  slotted k s t  sectioh. 

5 .  lnterference  effects -due to boundary-reflected  disturbances were 
present in pressure-distribution and: drag -measurements for a 33.5-lnch- 
long  fineness-ratio-12 body of  revolution  (nonlifting) in the  .slotted 
t e s t   s e c t i o n   a t  low supersonic  speeds; the effects  were  reduced  by 
tes t ing   the  body o f f  the  test-section  center line in  order t o  avoid 
focusing of the  reflected  .dis&urbance wives. No boundary interference 
was present a t  the  higher  supersonic  speeds  attained. 

6. The model length fo r  interference-free  supersonic  testing 
increased  with Mach  number but did not  exceed  about 75 percent-of  the I 

axial distance  required fo r  ref lect ion of Mach lfnes. 

. - 7. Expertmental  locations of  bow waves ahead of  k i a l l y  symmetric 
bodies .were in sat isfactory agreement w € t h  theoretical   locations'pre- 
dicted from the approximate methods of KACA TN 1921. - 

8. An experimental  verification of the method of  M A  TN 1768 fo r  
c ' .predicthg  pressure  distributions over slender bodies of revolution a t  
. *  

. 
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-3 .~ - supers,onic  speeds i s  afforded by the  close  abeemeqt of the-oretical . t  " _. 
pressure  distributions for 'a ffneness-rati0~12 'bady of  revolution wi th  " 

interference-free  distributions measured in the Langley 8-foot tran- c 
S0Ei.C t-1. 
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Figure 1.- Views of th roa t  region of Lanf~ley tl-foot transonic tunnel 
showing s lo t t ed  t e s t  section, cylindrical surrey tube, and support 
system. 
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Plgure 2.- Tenporary schlilleren eystem usedin connection-with slotted- 
test-section  floy eurveye. 
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Figure.  3.-~ITull-presaure-type lnetrunent ( 3 O  cone) used f o r  measuring 
angularity of flow in   s lot ted  teat  section. 
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Figure 5.-  Transonic-airplane model Investigated in connection with flow 
surveys in slotted test section. 
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Cylindrlcal survey tu 

Mach number near center line ,M 

Figure 6 , -  AgmerPent OP flow k c h  numbers obtained from pressure measure.- 
ments at test-section  center .line with those  indicated by measurea 
angularity of weak shocks pmduced by 0.010-inch-diameter strings 
fastened t o  wall panels. 
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Figure 7.- Mach  number dtstributio& measured axially along center l ine '  
and'wall of entire  throat region of tunnel with model removed from 

, slotted t e s t  section.  MfPuser-entrance nose A. 
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Figwe 8.- Basi!: flow-survey charts showing Mach  number distributions 
axially along wall and neax center line o f  slotted test sectLon vith 
model removed. Dimer-entrance nose A. . 
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(b) = 0.60. 

Figure 8.- Continued. 
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(a) h& = 0.90. 

Figure 8.  - Continued. 
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Figure 8.- Continued. 
Y 

. . . ... . 



. . . .  

E 

0 

5 

Figure 8.- Continued. 
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( J )  %c = 1.10. 

Figure 8.- Continued. 
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(k) % = 1.13. 

Figure 8. - Concluded. 
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Figure 11.- Typical nmdel-removed calibration curve suowlng the w i a -  
t ion with test-chamber Mach number of the average Mach number over 
a test region 36 inches long and 30 inches In diameter near the 
center  line of the slotted  test  section with diffuser-entrance no6e A. 
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Fi&e 12.- Agreement .of model-removed calibrations of the  average Mach 
number over a 36-inch-long  region a t   the   cen ter   l ine  of the s lo t ted  
test   section  with  diffuser-entrance noses A and B. Maximum deviations 

respectively. 
. in Mach  number f o r  nose-A and nose-B surveys within 0.006 and 0.010, 
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Figure 13.- Agreement of mael-in and nmdel-removed Mach number distri- 
butions axially along wall of slotted teat section upstream of model. 
location. Diffuser-entrance  nose A. 
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Figure 14.- Variation with test-chamber Mach number of  model-in Mach 
numbers measured on tunnel wall approximately 10 inches  upstream of 
model nose (model at  different  angles of attack) and model-removed 
Mach numbers measured a t  the same axial station. 
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Figure 13.- Flow angularity i n  vertical  plane, indicated by null-pressure 
cone-surface measurements, a t  test-section  center  line 85 inches down- 
stream of slot  origin. 
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Figure 24.- Axial. a i s tmce  requlred for  model bow wave t o  r e f l ec t  f r om 
test-section wall and strike  surface of model near center l h e .  
a = Oo. 

. .  



84 NACA RM L 5 m 4  

.' 

Figure 25.- Approximate model lengths for interference-free supersonic 
t e s t i n g  at center line of  s lo t ted  t e s t  section measurfng approximately 
43.8 inches f r o m  center line to-.wall. 
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Figure 26,- Shock formations at  transonic speeds with  total-pressure 
rake (0.050-inch-diameter tubes  projecting 3 inches aheed of 
lo included-angle wedge) near  center l ine  of s lo t ted  test section. 
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